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PROGRESSIVE FAILURE STUDIES OF STIFFENED PANELS
SUBJECTED TO SHEAR LOADING

DAMODAR, R. AMBUR*, NAVIN JAUNKY!, AND MARK W. HILBURGER}

Abstract. Experimental and analytical results are presented for progressive failure of stiffened compos-
ite panels with and without a notch and subjected to in-plane shear loading well into their postbuckling
regime. Initial geometric imperfections are included in the finite element models. Ply damage modes such
as matrix cracking, fiber-matrix shear, and fiber failure are modeled by degrading the material properties.
Experimental results from the test include strain field data from video image correlation in three dimensions
in addition to other strain and displacement measurements. Results from nonlinear finite element analyses
are compared with experimental data. Good agreement between experimental data and numerical results
are observed for the stitched stiffened composite panels studied.

Key words. composite structures, progressive failure, ply damage mode, buckling, postbuckling, video

image correlation
Subject classification. Structural Mechanics

1. Introduction. The use of composite materials for aircraft primary structures can result in significant
benefits on aircraft structural cost and performance. Such applications of composite materials are expected to
result in a 30-40 percent weight savings and a 10-30 percent cost reduction compared to conventional metallic
structures. However, unlike conventional metallic materials, composite structures fail under different failure
modes such as matrix cracking, fiber-matrix shear failure, fiber failure, and delamination. The initiation of
damage in a composite laminate occurs when a single ply or part of a ply in the laminate fails in any of
these failure modes over a certain region of the structure. The initiation of damage does not mean that the
structure cannot carry any additional load. The residual load bearing capability of the composite structure
from the onset of material failure or initiation of damage to final failure can be quite significant. This may
be due to the fact that some failure modes may be benign and not degrade significantly the performance of
the overall structure. It is at the final failure load that the structure cannot carry any further load. Accurate
determination of failure modes and their progression helps either to devise structural features for damage
containment or to define fail-safe criteria. Therefore, it is important to understand the damage initiation
and progression in composite structures subjected to combined loading conditions.

A summary of the past work in progressive failure studies for the type of structure analyzed and the
loading condition is presented in Ref [1]. In 1987, Talreja [2], Allen et al. [3], and Chang and Chang [4],
independently proposed progressive failure models that describe the accumulation of damage in a composite
laminate by a field of internal state variables. Also in the same year, progressive failure analyses were pre-
sented in References [5] and [6]. The summary indicates that nonlinear geometric effects were not considered
initially. However material nonlinearity was considered in References [4, 7] and [8]. Englestad et al. [9] were

among the first researchers to consider nonlinear geometric effects and subsequently a postbuckling problem
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with progressive failure. Experimental corelation with progressive failure analyses were attempted at mostly
coupon level. Comparison of progressive failure analyses with experimental data for structures of realistic
size was attempted in Reference [9] and later in References [10] and [11]. Recently in References [15] and [16]
experimental corelation with progressive failure analyses for stiffened panels were presented. This work was
primarily on thick-skin composite panels which do not buckle before failure. Barannski and Biggers ([17])
used progressive failure analyses to show that the failure and buckling load of composite panels subjected
to compression can be enhanced by appropriate stiffness tailoring. Progressive failure analyses of panels
presented in References [12, 13, 14] and [18] indicate that progressive failure analyses can be used to better

assess the load carrying ability of a structure at an advanced design level.

Although postbuckling analyses results have been compared extensively with experimental studies by
many researchers, work in progressive failure analyses for nonlinearly deformed structures subjected to
combined loading is lacking. The objective of this paper is to present results from progressive failure studies
of composite panels that undergo large deformations prior to damage initiation and growth when subjected
to inplane shear loading. Another objective is also to compare strain fields obtained from progressive failure
analyses with experimental strain fields obtained using a full-field measurement technique at various load
levels. Stiffened panels were designed and fabricated at NASA Langley Research Center to elicit the desired

response for buckling and failure at design load levels.

The failure analysis is described first followed by a presentation and discussion of the numerical and
experimental results for the stiffened panel response and failure.

2. Failure Analysis. Failure modes in laminated composite panels are strongly dependent on ply
orientation, loading direction and panel geometry. There are four basic modes of failure that occur in a
laminated composite structure. These failure modes are; matrix cracking, fiber-matrix shear failure, fiber
failure which could be either fiber breakage or fiber buckling, and delamination. Delamination failure,
however, is not included in the present studies since the stiffened panel investigated in this paper is made of
through-the-thickness stitched material. In order to simulate damage growth accurately, the failure analysis
must be able to predict the failure mode in each ply and apply the corresponding reduction in material
stiffnesses. The failure criteria included in the present analyses are those proposed by Hashin [19]. The
progressive failure assessment and implementation approach are discussed in References [1] and [16]. For
completeness, the progressive failure assessment and implementation approach are summarized below.

To simulate the above failure modes, the elastic properties are made to be dependent on three field
variables, FV1 through FV3. The first field variable represents the matrix failure, the second the fiber-
matrix shearing failure, and the third the fiber failure. The values of the field variables are set to zero in
the undamaged state. After a failure index has exceeded 1.0, the associated user-defined field variable are
set to 1.0. The associated field variable then continues to have the value of 1.0, even though the stresses
may reduce to values lower than the failure stresses of the material. This procedure ensures that the
damaged material does not heal. The mechanical properties in the damaged area are reduced appropriately,
according to the property degradation model defined in Table 1. The field variables can be made to transit
from 0 (undamaged) to 1 (fully damaged) instantaneously. Hence the material degarde instantaneously
according to Chang and Lessard’s degradation model [7] which is used in the present study. The finite
element implementation of this progressive failure analysis was developed for the ABAQUS structural analysis
program using the USDFLD user-written subroutine [20, 21]. The development of the user-written subroutine

is further discussed in References [1] and [16].



3. Numerical Examples. Results are presented for two stiffened panels subjected to in-plane shear
loading. The skin and stiffener elements of the panel are made of one or more pre-kitted stacks of AS4/3501-
6 graphite-epoxy with [45/ — 45/0/90], stacking sequence. The first panel has a machined notch along
one of its diagonals as shown in Figure 1, whereas the second panel is undamaged. The skin is made
up of one prekitted stack, the stiffener flange is made up of two stacks and the stiffener blades are made
up of three stacks, respectively. The panel is stitched together using kevlar threads throughout the skin,
skin/stiffener flange regions, and the stiffeners. The cured thickness of each of the plies is 0.0059, 0.01236, and
0.00334 inches for the £45, 0, and 90-degree orientation, respectively. Each prekitted stack is approximately
0.055-inches thick and the nominal material properties, ply thickness fraction and ply strength of each ply
orientation are presented in Table 2.

A picture frame is used to load the stiffened panel in in-plane shear. The test section of the stiffened
panel is 22.5-in. by 22.5-in. and the members of the picture frame are 4.0-in. wide and 3.35-in. thick. The
fixture is made of steel. The stiffened panel assembled with the steel doubler plates is shown in Figure 1. A
schematic of the picture frame test fixture is shown in Figure 2. In the finite element model, nodes on each
member of the picture frame were constrained for the out-of-plane displacement. Pin joint consists of two
co-incident nodes tied in a multi-point constraint at the four corners of the panel. The displacements of the
dependent node are made the same as that of the independent node, but the rotations are excluded from the
multi-point constraints. The independent node diagonally opposite to the loading pin is constrained for axial
and transverse displacements. At the loading pin, applied displacement equal in magnitude in the axial and
transverse directions at the independent node simulates the loading condition. The test section is modeled
using the ABAQUS four node, reduced integration, shear-deformable S4R element [21]. The members of the
picture frame are modeled using ABAQUS four node shear-deformable S4 element [21].

3.1. Stiffened panel with a notch. The stiffened panel with a 5-in.-long notch was tested and results
from a progressive failure analysis were compared were compared with experimental results to validate the
progressive failure analysis methodology. A finite element model of the panel is shown in Figure 3. This
model consists of 3,925 nodes and 3,769 elements. The size of the smallest elements is 0.02 in. by 0.05 in.
Measured geometric imperfection was included in the model for the skin and flange elements.

The global response of the panel can be described by the variation of the applied load and the displace-
ment, of the loading pin of the picture frame test fixture. The experimental load versus displacement of the
loading pin in the test section in the loading direction is presented in Figure 4. Also shown in Figure 4 is
the load versus extension of the independent node of the loading pin generated from the Progressive Failure
Analyses (PFA) results. The PFA results are in good agreement with the experimental results for most part
of the loading range. While the panel failed catastrophically during the test, analysis results show a gradual
decrease in the load before the panel fails catastrophically. Matrix cracking damage (FV1) is initiated at
9.137 kips, fiber-shear matrix is initiated at 10.477 kips, and fiber failure is initiated at 11.145 kips as com-
puted by the progressive failure analysis. Analytical results also indicate that damage initiated at the tip
of the notch as shown in Figure 5. The final failure load as obtained by PFA is 36.53 kips compared to the
load value of 37.72 kips from the experiment.

The experimental strain data at a point 5.49-in from the panel center and along the notch is compared
with strain obtained from PFA simulations. This strain-gage location is 3.0-in. from the upper tip of the
notch and corresponds to location A as shown in Figure 5. The strains along the fiber direction, €11, and
normal to the fiber direction, ¢32, on the top and bottom surfaces of the skin are shown in Figures 6 and 7,
respectively. The experimental buckling load is 2,900 lbs whereas the predicted buckling load is 2,943 lbs.



This panel is designed to buckle very early, and in the buckled configuration damage first initiates as matrix
cracking (FV1) at a load of 9,137 lbs., which corresponds to a highly postbuckled state. Therefore, the
damage initiated in the postbuckling regime as designed, and damage progression occurs while the structure
deformed non-linearly. The measured and predicted strains are in good agreement.

The experimental strain data at a point close to the panel center and the notch which corresponds to
location B (see Figure 5) is compared with strain obtained from PFA analysis. The strain along the fiber
direction, €11, on the top and bottom surfaces of the skin is shown in Figure 8. The measured and predicted

strains are in good agreement for most of the loading range.

The outer skin segments around the skin segment with the notch buckle at a higher load than the skin
segment with the notch. Experimental strain normal to the fiber direction, ez2, on the top and bottom
surfaces of the skin at Location D (see Figure 5) are compared in Figure 9 with strain results from PFA
analysis. Buckling of the segments occurs after damage initiation. The analytical buckling load of the
skin segments outside the stiffeners is approximately 13,600 1bs, whereas, the experimental buckling load is
approximately 13,500 lbs. The discrepency between the predicted strains and measured strains after buckling
could be due to the skin thickness in that segment being thinner than the nominal thickness.

Analytical out-of-plane displacement contour plots are compared with experimental contour plots from
moire fringe interferometry in Figures 10 and 11, respectively, at a few selected loads. The selected loads
for the analytical contour plots are not exactly the same as the selected loads for the experimental contour
plots, since they were recorded at different load intervals. However, the loads are close to each other, as
shown in Figures 10(a) through 10(f) and Figures 11(a) Figure 11(f). The analytical contour plots have
the same trend for deformation as the experimental contour plots and are in good qualitative agreement.
Comparing Figure 10(a) with Figure 11(a), both the analytical contour plot and the experimental contour
plot indicate that the skin segment with the notch has buckled at their corresponding loads. Figure 10(c)
and Figure 11(c) also indicate that all the skin segments have already buckled at their corresponding loads.

Analytical damage plots for matrix cracking, fiber-matrix shear, and fiber failure are compared in
Figure 12 with damage as observed visually. Figures 12(a) through 12(c) show matrix cracking, fiber-matrix
shear, and fiber failure damage plots, respectively, in some selected plies within the skin. The dark contours
represent damaged areas. Figure 12(d) shows a picture of the panel after failure. The cracks that propagated
from the tips of the notch when the panel failed catastrophically can be seen from this figure. The location
of the observed cracks match the analytically predicted damaged areas in Figure 12(a) through 12(c) which
also originated from the tips of the notch.

3.2. Stiffened panel without a notch. The results for the stiffened panel without a notch are
presented in this section. Video Image Correlation in 3-D (VIC-3D) [22] was used on the skin side of the
panel to provide the full-field displacement results of the test section. Figure 13 shows the experimental
setup of the VIC-3D arrangement with respect to the test panel and the loading machine. More information
about VIC-3D can be found in reference [22].

A finite element model of the panel is shown in Figure 14. This model consists of 9,673 nodes and 9,568
elements (Fig. 14(a)). The size of the smallest element is 0.10 in. by 0.10 in. Various skin segments in
between the stiffeners and the flanges in the model are shown Figure 14(b). Thickness measurements were
made, and the average thickness value for each skin segment was computed and input to the finite element
model. These average thicknesses are given in Table 3. Measured geometric imperfection was also included
in the model for the skin and flange elements.



Two progressive failure analyses of the panel were conducted using the finite element model described
above. In the first PFA (PFA-1) the panel was loaded until complete failure. Based on PFA-1, it was
found that matrix cracking initiated at 11.32 kips, fiber-matrix shear initiated at 25.11 kips, and fiber failure
initiated at 26.26 kips. Therefore to study the failure response of the panel, the test was conducted in three
following successive runs;

1. In Run-1, the panel was loaded up to 12.0 kips and then unloaded.

2. In Run-2, the panel was loaded up to 30.0 kips and then unloaded.

3. In Run-3, the panel was loaded up to failure.

The second progressive failure analysis (PFA-2) was conducted to mimic the sequences for loading and
unloading of the test. Since displacement control is used in the PFA, the displacement corresponding to
12.0 kips and 30.0 kips were obtained from PFA-1. Post-processing of PFA-2 results indicated that these
displacements were very close to those obtained at 12.0 and 30.0 kips from PFA - 1. Test results were

compared with simulations from PFA-1 and PFA-2 to assess the progressive failure analysis.

The experimental load versus displacement of the loading pin of the picture frame in the loading direction
is presented in Figure 15. Figure 15 also shows the corresponding analysis results for the loading pin generated
from the analyses. The results from PFA-1 and PFA-2 are in good agreement with the experimental results
for most of the loading range. While the panel failed suddenly and catastrophically during the test, results
from both analyses suggest a gradual decrease in the load before the panel fails catastrophically. Analyses
results also indicate that matrix cracking and fiber-shear matrix and fiber failure damage modes initiated at
the location shown in Figure 16. There is a small difference in load-displacement response between PFA-1
and PFA-2 just before the collapse of the panel and this is due to damage accumulation in the first and
second loading sequences of the analysis. The failure load predicted by PFA-1 is 43.2 kips. In PFA-2, the
panel is unloaded from 30.0 kips by gradually reducing the pin displacement to zero. The reduction in panel
stiffness due to damage accumulation resulted in a negative load of approximately 2000 lbs corresponding to
zero displacement. Since the load was not initialized to zero, the predicted failure load from PFA-2 is 45.1
kips. The failure load from the experiment is 44.2 kips and compares well with results from analyses.

The experimental strain data at the panel center, which corresponds to Location A (Figure 16) is
compared with strain results obtained from PFA-1 and PFA-2 simulations in Figures 17(a) and 17(b),
respectively. Only the strain along the fiber direction, €17, and normal to the fiber direction, €22, on the top
surface of the skin (stiffener side) are shown in Figures 17(a) and 17(b). The experimental buckling load is
4,013 lbs. whereas the predicted buckling load is 3,980 1bs. This panel buckles very early and damage first
initiates as matrix cracking (FV1) at a load of 11.32 kips which corresponds to a highly postbuckled state.
Therefore the damage initiated in the postbuckling regime and progressed while the structure deformed
nonlinearly. The predicted strains from PFA-1 and PFA-2 are in good agreement with the measured strains.

The experimental strain data at Location B (Figure 16) is compared in Figure 18 with strain results
obtained from PFA-1 and PFA-2 simulations. Only the strain along the fiber direction, €17, and normal
to the fiber direction, €22, on the top surface of the skin (stiffener side) are shown in Figure 18. Strain
results from PFA-1 and from Run-3 of PFA-2 (Run-3(PFA-2)) are compared with the experimental results
of Run-3(Exp.). It is seen that while the €11 strains from PFA-1 and PFA-2 are in good agreement with the
experimental results, the e strains from the experiment are in better agreement with the PFA-2 strains
than the strain results from PFA-1. This is due to PFA-2 taking into account the damage accumulation due
to the strain ez from Run-1(Exp.) and Run-2(Exp.).



Analytical fringe plots of the strain along the fiber direction €;; are compared in Figures 19 through 22
with experimental fringe plots obtained from VIC-3D measurements at a few selected load levels. The blue
patch shown in Figure 19(a) represents the region over which the full-field displacement data was generated.
The VIC-3D measurements captured the displacement field on part of the skin segment D (Figure 14(b))
and do not include the areas close to the stiffener intersections. The strain field was subsequently calculated
from the displacement field. Strain fields obtained from PFA-2 analyses are compared with strain field from
VIC-3D. The strain field at approximately 11.7 kips which is just before the end of Run-1, are compared
in Figure 19. These figures suggest that the strain fields results between the test and analysis compare
very well. The strain field at approximately 30.0 kips, which is just before the end of Run-2, are compared
in Figure 20. A strain concentration in the mid-region of the skin segment between the stiffeners and the
stiffener intersection points can be seen here. The strain fields at approximately 30.0 and 44.0 kips load
levels during Run-3 are compared in Figures 21 and 22. The strain contours and magnitudes suggest that
there is very little difference between panel states from Run-2 to Run-3. Strain concentrations very close
to the critical strain of 0.012 can be seen in Figure 22 near the stiffener intersection points. These strain
concentrations are not seen in the strain field from the VIC-3D measurements did not include areas close
to stiffeners intersections. Although the fringe colors corresponding to the minimum and maximum strain
for the VIC-3D fringe plots and the ABAQUS fringe plots are different, in both plots the e;; strain ranges
from a minimum of 0.0 to a maximum of 0.0121. The maximum €;; strain level corresponds to the tensile
strength along the fiber direction. Owerall, it can be seen that the predicted and the experimental strain
distribution and magnitude over the area of the panel are in good agreement with each other.

The analysis results suggest that damage first initiates as matrix cracking at the location shown in
Figure 16 at a load of 11.32 kips within the bottom -45 and 0 degree plies. As the load is increased, fiber-
matrix shear and fiber failure damage initiate, at 25.11 kips and 26.26 kips respectively, at the location
shown in Figure 16 within the bottom -45 degree ply. Fringe plot of matrix cracking damage at a load of
approximately 30.0 kips (Run-2) in the top 0 and -45 degree plies are shown in Figure 23(a) and Figure
23(b), respectively. The red fringes indicate damage areas. At this load level, analysis results suggest that
the fiber-matrix shear and fiber failure damage are still limited to the small area shown in Figure 16.

Fringe plots of matrix cracking, fiber-matrix shear, and fiber failure after final failure of the panel are
shown in Figure 24 and 25. As shown in Figure 24, the matrix cracking damage in the -45 degree ply is more
extensive than in the 45 and 90 degree plies. Fringe plots of fiber-matrix shear and fiber failure damage for
the top -45 and 45 degree plies are shown in Figure 25. The fiber failure in the top 45 degree ply as shown in
Figure 25(c) is consistent with the visually observed fiber failure damage around the top stiffener intersection
in the top right corner as shown in Figure 26(a) and with the fiber failure detected by the thermogragh scan
as shown in Figure 26(b). These fiber failures contributed to the catastrophic failure of the panel. Analytical
fiber failure damage plot shown in Figure 27(a) at a load level of 44.1 kips (just before failure) indicates
negligible damage in the top 45 degree ply at the stiffener intersection region as compared to Figure 25(c),
which is a plot of fiber failure damage at 40.5 kips after the panel collapsed. This was captured by the digital
video camera and is shown in Figures 27(b) and 27(c). There is no visible fiber failure in Figure 27(b) at
44.2 kips whereas in Figure 27(c) there is visible fiber failure damage at the same load level of 44.2 kips at
which load the panel failed catastrophically. The yellow region in Figure 26(b) indicates extensive internal
damage to the skin. The extensive matrix cracking as shown in Figure 24 for a few selected plies and the
fiber-matrix shear and fiber failure damage as shown in Figure 25(a) and 25(b) also suggest existence of
panel damage.



4. Concluding Remarks. The results of an analytical and experimental study to evaluate the ini-
tiation and progression of damage in nonlinearly deformed stitched stiffened panels are presented. These
studies are conducted for panels with and without a centrally located diagonal notch and subjected to in-
plane shear loading. The progressive failure methodology included matrix cracking, fiber-matrix shear, and
fiber failure, but ignored delamination failure since the panels were fabricated using through-the-thickness
stitched preforms. Initial geometric imperfections and, to some extent thickness imperfections were included
in the finite element models. Experimental data consisted of displacement measurements, strain measure-
ments, and strain field measurement using VIC-3D system. Damage detection after failure was attempted
on the un-notched panel using a thermographic scan. Progressive failure analyses with successive loading
and unloading sequences to mimic the experimental loading conditions were also performed.

For the stitched stiffened panels loaded in in-plane shear loading, the three failure modes considered in
the study accurately represent the damage scenario in the postbuckling regime. The analytically determined
panel response, failure modes and damage locations compare well with the experimental results. Including
thickness imperfection results in a better agreement between the analytical and the experimental results.
Progressive failure analysis results with sucessive loading and unloading sequences to mimick the experimen-
tal loading conditions are also in good agreement with the experimental results. It was found that these

progressive failure analyses can account for the damage history from a previous loading run.

The predicted and observed damage modes from the test and analyses were in agreement for the notched
panel as well as for the un-notched panel. The progressive failure analyses were able to predict the fiber
failure damage mode that led to catastrophic failure of the panels.
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TABLE 1. Dependence of material elastic properties on the field variables

No failure Matrix cracking Fiber-matrix shear Fiber failure

Eyy Eyy Eyy Ey; =0
Eoy Eoy —0 Eoy Eyy —0
V1o v12 =0 v12 =0 v12 =0
G2 G2 G2 =0 G2 =0
Gis Gis G13 =0 Gz =0
Ga3 Ga3 Ga3 G2z —0
FV1=0 Fvi=1 FV1=0 FV1=0
FV2=0 FV2=0 Fv2=1 FV2=0
FV3=0 FV3=0 FV3=0 FV3=1

TABLE 2. Material properties, ply thickness, and strength of each ply orientation

Ply orientation
+45°  (° 90°

Eq; (msi) 16.15 1643  15.97
E5; (msi) 1.60 1.60 1.60
G2 (msi) 0.80 0.80 0.80
G13 (msi) 0.80 0.80 0.80
Ga3 (msi) 0.40 0.40 0.40
Vi1 0.34 0.34 0.34
Thickness fraction 0.2147 0.4491 0.1214
X (ksi) 195.75 218.45 180.00
X, (ksi) 150.00 150.00 150.00
Y: (ksi) 5.0 5.0 5.0
Y, (ksi) 310 310 310
Sec12 (ksi) 17.5 17.5 17.5

Sc13:Sc23 (kSl) 4.8 4.8 4.8

TABLE 3. Average thickness for skin segments

Segment Thickness | Segment Thickness
(in.) (in.)

A 0.0564 F 0.0637

B 0.0551 G 0.0556

C 0.0581 H 0.0547

D 0.0631 G 0.0533

E 0.0548
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FIGURE 1. Dimensions for stiffened composite panel and plate doublers.
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FIGURE 2. Schematic diagram of picture frame test fixture.
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FIGURE 3. Finite element model of stiffened panel with a notch and test fixture.

10



40000

:_ —c——— Experiment
N —&—— Analysis
35000 |
[ - ——— FVv2 =
30000 T - Fv3
25000 |
Load (Ibs) [
20000 |-
15000 |
10000 — — ~/— -~ ===~~~ ~~-———-——
5000 [~

) )
0 0.05 0.1 0.15 0.2 0.25

Applied displacement (in.)

0

FIGURE 4. Load versus applied displacement results for the notched panel.
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FIGURE 5. Location of some response measurement points on the stiffened panel with a notch.
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FIGURE 6. Back-to-back strain (e11) results at Location A for notched panel.
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FIGURE 7. Back-to-back strain (es2) results at Location A (Figure 5) for the notched panel.
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FIGURE 8. Back-to-back strain (e11) results at Location B (Figure 5) for notched panel.

40000
35000
30000
25000

Load (lbs)

20000

15000

10000

5000

o

.008 -0.006 -0.004 -0.002 0 0.002

Strain (g,,) (in/in.)

FIGURE 9. Back-to-back strain (es2) results at Location D (Figure 5) for notched panel.
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(d) P=25,809 lbs (e) P=31,091 lbs (f) P=36,530 lbs
FIGURE 10. Anclytical out-of-plane displacement contour plots for the notched panel.
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FIGURE 11. Experimental out-of-plane displacement contour plot for the notched panel.

13



(a) Matrix cracking in the bottom 0° ply  (b) Fiber-matrix shear in the bottom -45° ply

(c) Fiber failure in the bottom 45° ply (d) Observed damage
FIGURE 12. Comparison of enelytical damage plot and observed damage results for notched panel.
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(a) Full model
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FIGURE 14. Finite element model of the un-notched panel.
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FIGURE 15. Load versus applied displacement results for the un-notched panel.
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FIGURE 16. Location of some response measurement points on the un-notched panel.
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FIGURE 17. Strain results at Location A (Figure 16) for the un-notched panel.
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FIGURE 18. Strain results at Location B (Figure 16) for the un-notched panel.
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FIGURE 19. Strain (e11) field at approzimately 11,700 lbs (Run-1) for the un-notched panel.
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FIGURE 20. Strain (e11) field at approximately 30,000 lbs (Run-2) for un-notched panel.
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FIGURE 21. Strain (e11) field at approxzimately 30,000 lbs (Run-3) for the un-notched panel.
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FIGURE 22. Strain (e11) field at approzimately 44,000 lbs (Run-3) for the un-notched panel.
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(a) Top Odeg. ply (b) Top -45 deg. ply
FIGURE 23. Fringe plot of matriz cracking damage at approzimately 30,000 lbs (Run-2) for the un-notched panel.

(a) Bottom 45 deg. ply (b) Bottom -45 deg. ply 90 deg. ply
FIGURE 24. Fringe plot of matriz cracking damage after failure (Run-8) for the un-notched panel.

(a) Fiber-matrix shear ( Fiber failure in (c) Fiber failure in
in the top -45 deg. ply the top -45 deg. ply top 45 deg. ply

FIGURE 25. Fringe plot of FV2 and FV38 damage after failure (Run-8) for the un-notched panel.
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(a) Visual inspection

(b) Thermographic scan
FIGURE 26. Observed damage after final failure of the un-notched panel.
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(a) Analytical fiber failure damage plot in the top 45 degree ply at 44.1 kips for the un-notched panel

(b) No visible damage

(c) Fiber failure damage
FIGURE 27. Contribution of fiber failure damage to catastrophic failure of the unnotched panel.
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